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The relaxation factors chosen (both equal to 0.5) dramatically im-
prove the convergenceof the two cases for which Nqdiv < 0. Although
these factors worsen the convergenceof the � rst case ( Nqdiv > Nq > 0),
the iterations still converge.

Conclusions
The problem of convergence of iterative static aeroelastic solu-

tions are discussed using a linear simulation. The intimate rela-
tionship of the � ight and divergence dynamic pressures to the con-
vergence behavior is derived and illustrated. Rigorous criteria are
derived for selecting the relaxation factors to ensure convergence
of the iterations for a linear system. Knowledge of the divergence
speed for a linearized point in a nonlinear iteration should be of
bene� t to convergenceof the nonlinear iteration.
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A Numerical Study

G. Lombardi¤ and M. V. Salvetti†

University of Pisa, Pisa 56126, Italy

Introduction

I N the experimental analysis of the � ow around isolated wings,
semimodels mounted on a sidewall are widely used. Indeed, this

approach is very attractive, because supports are not needed, and,
hence, the effects of the interference between models and supports
are eliminated. On the other hand, the � ow at the root of the semi-
model is clearly different from that at the symmetry plane of the
isolated wing, due to the effect of the sidewall boundary layer, as
pointed out in Ref. 1 for a low-aspect-ratio wing. To reduce this
effect, the model is commonly offset from the tunnel sidewall by
means of a splitterplate.Nevertheless,even in this case, the splitter-
plate boundary layer may signi� cantly affect the experimentaldata.
Furthermore, on a forward-swept wing in transonic � ow, a strong
shock wave is present in the wing root region; hence, signi� cant
interactions may occur between this shock wave and the sidewall
boundary layer.

The motivationof the present study arises from the discrepancies
observedat the wing root between experimentaldata and the results
of a Navier–Stokes solver for the transonic � ow around a forward-
swept wing of high-aspect ratio.2 Because these discrepancies are
limited to the wing root region and good agreement is found on the
remainder of the wing, a possible explanation is the in� uence of
the sidewall boundary layer on the experimental data. Therefore,
in the present paper, the effects of a sidewall boundary layer on
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the transonic � ow around a forward-swept wing are numerically
investigated.

Experimental Conditions and Numerical Method
The tests, carried out in the Medium Speed Wind Tunnel of the

Council for Scienti� c and Industrial Research facilities, in South
Africa, are described in Refs. 3 and 4. The wing model has zero
twist and dihedral angles, a negative sweep angle (3 D ¡25 deg, at
one-quarter of the chord); aspect ratio D 5:7; taper ratio D 0:4; and
NACA 0012 wing sections. The splitter plate used in the experi-
ments is described in Ref. 4. Pressure measurements are available
at 10 span stations and 32 chord points.3 The measurement pro-
cedure and accuracy are described in Ref. 4. The data obtained in
transonic regime (M D 0:7), at Re ¼ 2:8£106 , based on the mean
aerodynamicchord, are considered in this Note.

For the numerical solution of the Navier–Stokes equations, the
commercial code RAMPANT5 (developed by FLUENT) is used.
Three-dimensional compressible Navier–Stokes or Reynolds-
averaged Navier–Stokes equations can be solved. The numerical
method is based on a � nite volume formulation and is second-order
accurate in space. Steady solutions are obtained by time-marching
theequationswith an explicit,multistage,Runge–Kutta schemewith
multigrid convergence acceleration. The solution is considered to
have reached convergence after a three-order-of-magnitude reduc-
tion of the rms residual for each of the conservedvariables.A more
detailed description of the numerical procedure can be found in
Ref. 2.

In all of the simulations, the external boundary is represented by
a cylinder of circular section, with a radius of 6.75 mean aerody-
namic chords and a spanwise length of 2.5 wingspans, starting from
the wing root. An analysis of the sensitivity to the dimensions of
the computational domain was carried out, indicating that, for the
domain used here, the in� uence of the externalboundaryconditions
on the solution is negligible.All of the results presentednext are ob-
tained by solving the Reynolds-averagedNavier–Stokes equations
with the standard k-" model.

Analysis of the Results
In Fig. 1, the chordwise pressure distributions obtained in the

numerical simulation, for the isolated wing at an angle of attack of
8 deg, are compared with the experimental data at two spanwise
sections.The computationalgrid has approximately175£103 cells.
Figure 1b shows that at 40% of the semispan [y=.b=2/ D 0:4], the
numerical results are in good agreementwith the experimentaldata.
Conversely, at y=.b=2/ D 0:04 (Fig. 1a), the position and intensity
of the shock wave obtained numerically are completely different
from those observed experimentally.Moreover, in the experiments,
the shock wave induces a separationof the boundary layer; whereas
in the numerical simulation, the boundary layer remains attached.
Another simulation on a grid of approximately 300 £ 103 cells, lo-
cally re� ned in the wing root region, showed the grid independence
of the results.2 As discussed previously, a possible explanation of
the discrepancybetween experimental data and numerical results is
the presencein the experimentsof a splitterplate that couldaffect the
measurements, particularly in the region close to the wing root. To
investigatethis effect, a numerical simulationof the � ow around the
wing mounted on the splitter plate has also been carried out. The
computational grid used in this simulation has approximately the
same resolution as that used for the isolated wing (the total number
of cells is »D500£103).

The numerical chordwise pressure distributions, obtained at
y=.b=2/ D 0:04 and y=.b=2/ D 0:4 in this simulation, are compared
with those over the isolated wing and with the experimental data, in
Figs. 2a and 2b, respectively.

Figure 2 shows that the splitter plate strongly affects the posi-
tion and intensity of the shock wave near the wing root. In the
simulation with the splitter plate, the shock wave moves upstream
by about 10% of the local chord with respect to the isolated wing
case, and the agreementwith the experimentaldata is noticeablyim-
proved.Moreover, theboundarylayer separatesimmediatelybehind
the shock wave, as in the experiments. Nevertheless, the pressure
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Fig. 1 Comparison between the chordwise pressure distribution
obtained numerically for the isolated wing and the experimental data;
y/(b/2) = a) 0.04 and b) 0.40.

Fig. 2 Effect of the splitter plate on the chordwise pressure distribu-
tions; y/(b/2) = a) 0.04 and b) 0.40.

Fig. 3 Numerical pressure isocontours on the upper surface of the
wing; cp step = 0.2: a) isolated wing and b) wing mounted on the splitter
plate.

distribution after the shock wave is different from the experimental
one. A detailed analysis of the reasons for this discrepancy is be-
yond the scope of the present investigation and reference is made
to Ref. 2. The aim of this study is to investigatewhether the splitter
plate affects the � ow over the wing and if this effect may explain the
discrepancy between experimental and numerical results, in partic-
ular, concerning the shock wave position.

Conversely, the pressuredistributionin the remainder of the wing
is not signi� cantly affected by the splitter plate, as shown, e.g., in
Fig. 2b. This result seems to be in contrast with the conclusions of
a similar analysis carried out for a low-aspect-ratiowing in Ref. 1,
in which the sidewall boundary layer was found to have a strong
in� uence on the � ow� eld around the whole wing. Nevertheless,
as pointed out in Ref. 1, the main effect of the sidewall boundary
layer was to decrease the favorablespanwisepressuregradient,and,
hence, to reduce the spanwisemigrationof the wing boundarylayer.
For the forward-swept wing considered in the present analysis, a
strong cross� ow is present in the inboard direction, and, hence,
the sidewall boundary layer tends to remain con� ned close to the
sidewall. This can be observed also from the pressure iso-contours
in Fig. 3; the differences between the simulations with and without
the splitter plate are localized in a very limited zone, close to the
wing root (about15% of the span). The recirculationbubble induced
by the interactionwith the splitter plate is also clearly visible in the
wing root region.

Conclusions
The effects of a sidewall boundary layer on the transonic � ow

around a forward-swept wing have been numerically investigated.
In particular, the � ow over a con� guration approximating the case
of a semimodel mounted on a splitter plate has been simulated.The
numerical results in the wing root region are stronglyaffectedby the
presence of the splitter plate, and noticeable better agreement with
the experimental data is obtained in the simulation with the splitter
plate than in that of the isolated wing, particularly as it concerns
the shock-wave position. Nevertheless, the effects of the splitter
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plate are con� ned to a very narrow zone near the wing root. This
is probably due to the presence of a strong cross� ow in the inboard
direction, typical of forward-swept wings, that limits the spanwise
propagationof the interferenceeffects.Therefore,one may conclude
that, for these types of wings, the experimental data are affected by
the interference with the splitter plate only in a limited zone close
to the wing root.
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Nomenclature
Gr = Grashof number
Nu = Nusselt number
P = excess pressure
Pr = Prandtl number
p = static pressure
Ra = Rayleigh number (DPrGr )
Re = Reynolds number
T = temperature
t = time
u, v = velocity components
x , y = coordinates
³ = vorticity
Ã = stream function

Introduction

C OMPUTATIONAL � uid dynamics (CFD) is one of the most
important branches of � uid dynamics.CFD enables a detailed

analysisof � ow� elds, which otherwise is very dif� cult. In the learn-
ing stage of CFD, however, many researchershave had problems in
regard to code development for scienti� c and engineering calcula-
tions, not only becauseof the complexityof the governingequations
but also because of computer programming rules. This still often is
the case among younger students who are just beginning to study
numerical simulations.
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Currently available personal computer software, however, might
enable us to do scienti� c computing without developing lengthy
computer programs, depending on the situation. In particular,
spreadsheet software is widely used at home and also for scienti� c
calculations.1 We realize that spreadsheets are extremely valuable
for � uid dynamicssimulations,as well as for othersimulations.2 The
cells in the spreadsheetcan be viewed as natural grids for computa-
tion and their assigned function can be iterated upon. Spreadsheets
usually include graphics software and therefore the computational
results can be visualized easily. When the spreadsheet is used for
� uid dynamics calculations, we need the differential form of the
governing equations and the boundary conditions. First, we de� ne
the computationaldomain in a spreadsheet.Typically, a steady two-
dimensional � uid dynamics problem is assumed, e.g., a rectangular
computational domain is selected. The boundary condition then is
written in a cell on the boundary. This can be copied to other cells
by copy-and-pasteprocedures. Before we write the boundary con-
ditions, boundarycells should be colored, therebymaking it easy to
recognize the computationaldomain. Then, we write the governing
equations in one of the cells in the computationaldomain. We copy
the cell contents to other cells into the computationaldomain again
by using spreadsheetcopy-and-pastecommands.Next we select the
circular reference1 calculation and decide on the number of itera-
tions and the solution error tolerance. The computation is repeated
automaticallyand we may continue the calculationuntil the desired
convergence is achieved. When convergence is reached, we select
the computationaldomain and visualize the results almost instantly
using the inherent graphics software.

Spreadsheet � uid dynamics (SFD) is easy to use and does not
require any special knowledge about the computer language be-
ing used (it is fair to say that it is already programmed). It is also
possible to visualize the results during the computationand to inter-
actively change the computationalconditions, including the form of
the equations and the boundary conditions.

SFD Procedure
We use Laplace’s equation to illustrate the SFD procedure. The

governing equation for the stream function of a potential � ow is
given by

r2Ã D 0 (1)

From the � nite difference form of Eq. (1) for square grids, we can
obtain at (xi ; y j ):

Ãi; j D
ÃiC1; j C Ãi¡1; j C Ãi; jC1 C Ãi; j¡1

4
(2)

We used Eq. (2) for the potential� ow over a step, shown in Fig. 1,
i.e., a spreadsheet. The cells on the boundary should be colored for
clarity. We specify the boundary conditions on the boundary cells.
We input the value of the stream function on the boundary. So, in
Fig. 1, Ã D 0 is used for the cells on the lower boundary (including
the step), and Ã D 1 is used for the cells on the upper horizontal
boundary.The inlet and outlet � ows may be assumed to be uniform
and a linear distribution of the stream function is used, i.e., Ã D y.

Fig. 1 Spreadsheet for a stream function Ã for � ow over a step.


